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TECHENICAL NOTE 3626

EXPERIMENTAL, INVESTIGATION OF THE FIOW AROUND LIFTING
SYMMETRICAL DOUBLE-WEDGE ATIRFOILS AT MACH
NUMBERS OF 1.30 AND 1.4l

By Paul B. Gooderum and George P. Wood
SUMMARY

Measurements were made of the flow around a lO-percent-thick, doubl
symmetrical, two-dimensional wedge at & Mach number of 1.30 and of a
14 .2-percent-thick wedge at Mach numbers of 1.30 and 1.41 for various
angles of attack up to 5°. Results were thus obtained in the vicinity
of the theoretically interesting region between shock attachment and
the lower limit for completely supersonic flow over the surface of the
airfolil. Pressure and Mach number distributions, 11ft and drag coeffl-
cients, center of 11ft, and pitching moment sre presented for the angles
of attack used. By means of the transonic similarity laws, the results
are campared with each other, with small-disturbance theory, and with
shock-expansion theory wherever possible. The data show that pressure
distributions on wedges of different thickness and Mach number sare sim-
ilar at the same values of tramsonlc similarity parameter and reduced
angle of attack for angles of attack ass large as the thickness ratio;
that the lift-curve slope is spproximately independent of the angle of
ettack for an angle-of-attack range from -2° to 2°; and that, for the
airfoils tested at Mach numbers greater than the attachment value, the
center-of-pressure location 1s nearly independent of the angle of attack,
the variation being t3 percent chord for the angles of attack used in
this investigation. For the airfoll tested at a Mach number sliightly
less than the shock-attachment value, the center-of-pressure location
was only roughly independent of the angle of attack, the variaiion of
this location being 6 percent chord.

INTRODUCTION

One of the transonic flow problems currently receiving attention
is that of a double-wedge airfoll In slightly supersonic flow. Previous
experimental work has provided a detailed description of the flow cher-
acteristics for nonlifting wedges. The availsble data for lifting wedges,
however, are far less complete. Aside from the research of Vincenti,
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Dugsn, and Phelps (ref. l), which was unpublished at the start of the
present investigation, the only experimental data available are two
pepers (refs. 2 and 3) concerning wedges at values of the transonic sim-
ilarity perameter £, which are much sbove the shock-attachment value.

&)lt

From = theoretical standpoint, an experimental study of a lifting
wedge is of interest because of theoretical findings in references L
end 5 which ghow an irreguler behavior of the 1ift characteristics in ' o
the neilghborhood of shock attachment. In addition, the theoretical
findings ere typical of all small-disturbance theories in that they cen
presumsbly be expected to apply only for a range of angle of attack and .
thickness rstio close to zero. So, in additlon to providing information _
sbout the flow around s wedge in areas where the theory may not hold, '
an experimental investigation might also answer the questions regarding
the range of angle of attack and airfoll thickness ratio over which the
theory would be appliceble. - : - S

For this purpose, doubly symmetrical wedge-elrfoil models of
10-percent thickness at a Mach number of 1.30 and 1k.2-percent thickness
at Mach numbers of 1.30 and 1.41 are investigated in this paper, since
for these models the values of the similerity perameter &, 1lle close

to the interesting region near shock attachment. Also, by means of the
transonic-similarity laws, as developed in references 6 to 9, which state
that the flow around sirfoils of different thickness ig similar at the _ .-
seme values of &, eand reduced angle of attack &, the lk;z-percent— ) ) 9'-
thick wedge at a Mach number of 1.30 (go = l.OO) can be campared with the
theoretical results of references 4 and 10 (go = 1.058), and the

14 .2-percent-thick wedge at a Mach number of 1.41 (Eo = 1.28) cen be -

Eomparedgzith the 1l0-percent-thlick wedge at a Mach number of 1.30
Eo = 1.26).

SYMBOLS

c chord

cq, sectlon pressure-drag coefficlent _

4,0 section pressure drag for zero sngle of attack

cy section 1ift coefflcient -

N 3 4 --

cza generalized lift-curve slope, Ey + l).l\'im2 t / d_a,l &
L 4
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Cm section pitching-moment coefficient ebout quarter-chord point
P-D
Cp pressure coefficient, TQ
2 l/ 5

~ [}7 +_1)Mo:]
Cp generalized pressure coefficient, ' 575

:)

c
d section drag
1 section 1lift
M Mach number
P static pressure
q dynamic pressure
R Reynolds number
t maximum thickness of airfoil
X coordinate in chordwise direction with origin at leading

edge

o angle of attack, deg
5 o8

generalized angle of attack, %

4 ratio of specific hests

pd
(_cé_g) o position of center of pressure for small angles of attack
o>

o density

Moo - 1

[27 + 1)M2 g}

Eo transonic simllarity parameter,

2/3
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Subscripts:
o free-stream conditions
cp center of pressure -

PRELIMINARY CONSIDERATIONS

In Iigure 1, the values of thickness ratio, Mach number, and simi-
larity paremeter used in the present investigation are compared with the
avallable theoretical and experimentel deta (refs. 1 to 5, and 10 to 1k4).
Figure 1l(a) pertains to nonlifting wedges (& = O) whereas figure 1(b)
deals with lifting wedges.

In figure 1(a), all possible airfoill and Mach number combinations
included between Eo = O and the nearly horizontal line which inter-
sects t/c 0 at g, = L.191 are charascterized by a detached bow wave
followed by a region of mixed subsonic-supersonic flow. This is true
for all engles of attack. Alrfoil and Mach number comblnations above
the line which intersects t/c =0 at g, = 1.26 are charecterized by

an attached-bow-wave configurstion followed by a completely supersonic
flow fleld. This is true only for a varisble renge of angles of attack
gbout zero vwhich depend on the free-stream Mach number and the thickness
ratio. In figure 1(b), the location of the upper limit for a detached
shock wave and the lower limit for sonic veloclty over the front wedge
are shown for a representative value of &. Between these two lines is
a region of mixed flow characteristics; and it 1s the region in the
vicinity of this narrow band, especially at zero angle of attack, that
is of interest in the present investigation.

APPARATUS AND PROCEDURE
Wind Tunnel

The tests of the alrfolls were made at Mach mumbers of 1.30 and
1.41 in & blowdown tunnel of the Lengley gas dynemics leborastory. Dry
compressed alr from a storage-tank fleld was passed through esn automatic
pressure-regulating system, a 2k-inch-diameter settling chember, and a
supersonic nozzle, and then exhausted to the &atmosphere. The test sec-
tion was 3 inches wide and 4 inches high. The nozzle side walls were
extended past the ends of the nozzle blocks, and thereby the bottom end
top edges of the test sectlon were open to the atmosphere and the sides
were bounded by glass windows.
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The free-stream Mach numbers given herein were obtained from pre-
vious nozzle calibrations which were performed as carefully as was prace
tical. The nozzle-wall static pressure was measured at a point in the
nozzle block l/h inch upstream of the end of the nozzle block by means
of an alcohol manometer. The total pressure in the settling chamber was
measured by means of a mercury manometer, While the total pressure was
varied slowly past the design pressure, interferametric records of the
nozzle rim shock were taken. At the point where the interferograms
indicated that there was no density change across the rim shock, the
Mach number was calculated from the ratio of stagnation pressure to
atmospheric pressure under the assumption that the free-siream pressure
was the same as atmospheric pressure. The uncertainty in determining
the free-stream Mach number ln this manner was estimated to be not more
then 0.0l for the Mach numbers used in this Investigation. The nozzle
was then operated at the nozzle-wall pressure measured at the time the
rim shock was of zero strength.

The Reynolds number for all tests was spproximately 1.2 X 106 per
inch.

Models

The models were a lO0-percent-thick symmetrical double wedge with
a l-inch chord and & 1lh.2-percent-thick symmetrical double wedge with
a 0.T-lnch chord and were constructed of a chrome-molybdenum steel of
good machinsbility and stebility. After manufacture, the semiwedge
sngles were measured and found to be 5° 43' (t/c = 10 percent) and
8° 05' (t/c = 14.2 percent) with an accuracy of #2'. The span of both
models was 2.9 inches; this left an end gap of 0.05 inch between the
model and the tunnel windows. Both models were held In the airstream
by two struts attached to the rear half of the upper surface. A view
of the 10-percent-thick model mounted in the angle-of-attack changer is
shown in figure 2.

Eight static-pressure orifices of 0.020-inch diameter were located
on the lower surface of the l0-percent-thick sirfoll. Four were spaced
C.4t inch epart in a spanwise direction beginning 0.2 inch from the cen-
ter line on the front surfacée at gbout 0.2 chord. The other four were
similerly placed on the rear surface at sbout 0.7 chord, with the excep-
tion that the first orifice was located on the center line. All orifices
were connected by internal galleries to tubes soldered to the upper rear
half of the model. The lli-percent-thick model had two static-pressure
orifices in the lower surface, one located 0.25 inch from the center line
on the front half of the model at gbout 0.3 chord and the other locsted
0.25 inch away from the opposite side of the center line on the rear hslf
of the model at about 0.7 chord. These orifices were connected to tubes
in a manner similar to that used with the lO0-percent-thick airfoil.
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Interferometer

Cbservatlions were made with a Mach-Zehnder interferometer thet had
L-inch-squere plates snd has been previously described (ref, 13). It
was used to take both Interferograms and shedowgraphs. The light source
consisted of a 15,000-volt magnesium spark of approximately 3 microseconds'
duration and a monochromator to isolate the lines at 5,170 angstroms.

Installed 1n the light beam which bypassed the test section at the
focal point of the camera was & reference wire which was used to deter-
mine the true angle of attack 1n case.there was any deflection of the
model due to bending of the supporting struts. Two small pointers were
placed in the back of the cemera in such a manner as to throw a shadow
on the Imege of the test section, which could be used to give a check
on the scale of the enlargement during processing of the- interferograms.
Both the reference wire and the pointers are visible in the originsal
interferogrems.

Experimental Procedure

Tests of the verious combinations of thickness ratio and Mach number
were mede in the following menner. After the angle of attack was set,
several no-flow interferograms and e plcture showing the reference wire
in relation to a straightedge placed parallel to the center line of the
nozzle were recorded. The tunnel was started and allowed to come up to
operating conditions. The pressure regulator wes adjusted untll the
static pressure measured et en orifice located Just upstream of the end
of the nozzle reached a pressure determined In the original calibration
of the nozzle. This was necessary to minimlze the disturbances from the
nozzle rim on the open sides of the Jet. No data were taken until the
flow over the model became steady. After recording several Ilnterferograms °
of the flow, the monochromator slits were opened and a white-~light inter-
ferogram and a shadowgrem of the flow were also taken.

Because the model wes supported by two struts on the upper rear
surface, orifices were present in only the lower surface and tests at
both positive and negstive angles of attack were necessary to provide
data for the complete profile. (In this cese, pogitive is teken in the
sense thet an upward movement of the leading edge results when the angle
of attack is changed in a positive direction,) The angular setting for
the no-flow condition was messured by & precision level applied to a
flat surface on the model holder. o

Deta were taken st 13 angles of attack from 5° to -5° for ¢, = 1.28
end 1.26 and at 11 sngles of attack from 4° to -4° for ¢, = 1.00. The
angle-of-attack range for £, = 1.00 was restricted because of the
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intersection of the Jet boundary by the sonic line between 4° and 50.
o) R
The asngular settings were made in % increments near zero angle of attack.

Reduction of Data

The interferograms were emelyzed to obtain density contours in the
flow fields by the method of superposing with-flow and no-flow interfer-
ogrems. The method has been previously described (refs. 12, 14, and 15).
Pressure snd Mech number dlstributions along the surface of the model were
also obtained fram the interferograms by measuring the fringe positioms
along the surface. The fringe positions were then related to the density
by the use of a reference density which was obtained from the measure-
ment of the static pressure st an orifice in the model surface at sbout
0.2¢c near the center line of the tummel. The estimated uncerteainty in
the reference denslty is #0.5 percent. From the density distributions,
the pressures were obtained and were converted to pressure coefflcients.
In order to compute the distribution of Cp fram the pressure, the free-

stream static pressure was assumed to be the same as the measured value
of atmospheric pressure.

In the calculation of the densities from the fringe shifts as obtalned
in this mesnner, two corrections were applied. One correction was made to
account for the effect of the side-wall boundary layer on the optical path
through the tunnel. Static pressures were measured st two chordwlse posi-
tions near the Jet center line. From the pressures, the densities were
calculated by teking into account the change in reservoir conditions
through the bow shock and by meking the essumption that the surface stream-
line of the airfoil passed through a normal shock for all detached shock-
wave angles of attack. (At negative angles, the lip shock was proved to
be quite weak by a total-pressure survey and for that reason the change
in total pressure across i1t was ignored.) From the observed fringe shift
between these two locations and from the calculated densities, the effec-
tive width of the test section was celculated. The rest of the flow field
behind the bow wave was then evaluated by meking the assumption that the
effective wildth was constant over the whole field. The other correction
was made to account for slight changes in the "undisturbed" fringe spacing
caused by vibretion of the interferameter during a run. The correction
was accamplished by meking the spacing and direction of the fringes on
the enlargement of the no-flow interferogrem coincide with the spacing
and direction of the fringes in the regions of uniform flow on the with-
flow interferogram.

Because the flow in the boundary leyer is nonisentropic, the density
at the surface cannot be converted to pressure on portions of the model
surface where the airfoil boundary layer is thick enough to be visible.
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Where the boundary layer is visible, the fringes bend sherply because

of the high density gredient. The procedure in these cases was to extrapo- _
late the fringes through the boundary leyer to the surface to obtain ¥
what would have been the fringe p051tions if there had been no entropy

gradient.

In the evaluation of the interferograms, it was necessary to assume
that the model possessed two-dlmensional flow over all 1ts span. Actu-
ally, this was not entirely the case, as was evidenced on the interfer-
ograms by the bending of the free-stream fringes just ahead of the bow
wave. This bending Indicates & sherp rise in free-stream density as the
bow wave is approached. Obviously, this ls & spurious effect that is
restricted to the neighborhood of the side walls and is due to the action
of the pressure lncrease across the shock wave on the boundery layer on
the side walls. Another three-dimensional effect of this boundary-lsyer—
shock-wave Interaction occurs on models with supersonic flow behind the
pow shock and 1s usually undetected by optical methods. A disturbance
which originates at the shock-wave—boundery-lsyer intersection is prop-
agated obliquely across the model in a spenwise directlon.

Although the method of evaluation requires two-dimensional flow
throughout the flow field under consideration, it was possible to inves- _
tlgate the magnitude of the end effects only at the model surface, and -
for this purpose the 1l0-percent-thick wedge had elght orifices installed
on 1ts lower front surface. Subsequently, when it was desired to observe
the end effects on the resr surface, four of these orifilces were moved
to the back. This investigation of end effects was done preparatory to
obteining the data reported herein.

-

An exhsustive examinatlion of the effects of end gap on the gpanwise
pressure distributlon of a 1lifting wedge was not considered tc be within
the scope of the present investlgation. The brief study thet was con-
ducted, however, geve same interesting results that are as follows: The
10-percent~thick wedge &t a Mach number of 1.5 end at an angle of attack
such that a detached bow wave was produced was found to have the sharpest
appearing bow wave (at the nose) with an end gap of 0.05 inch, At an
angle of-attack of-approximately 4°, it was found that even though an
end gep was used that made the bow wave appéfr sharp, the spanwise pres-
sure distribution for the lower surface was not two-dimensional as was
expected. Varying the end gap fram O to 0.09 inch caused only a minor
variation in the spanwise pressure distribution on thie surface. (See
fig. 3.) It was found that the use of a side-wall boundary-layer scoop
did meke the pressure distributions over the wedge two-dimensional and
thieg fact 1s shown in figure 3 for the 10-percent-thick wedge at an angle
of attack of epproximsately 20, Because of the fact that a side-wall
boundary-layer scoop would require extensive modification of the test
equipment, it was not used in obtalning any of the data reported in this
paper. The upper-surface end effects were found to be much reduced by
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the use of an end gep (see fig. 3, o = =4°), the improvement being
enough to warrant the use of an end gap at all angles of attack.

Further argument in favor of the use of an end gap 1s due to the
interaction of the previously discussed tip disturbences. At & Mach
number of 1.30, the flow over the front of the l10-percent-thick wedge
at an angle of attack of approximastely zero 1ls slightly supersonic.
Under these conditlons, the disturbances from the tlps of the eirfoil
are strong enough to intersct with each other at the center of the span
to form a Mach reflection type of shock wave. The center portion of
this configuration 1s visible on the interferograms as & normal shock
in the flow behind the attached oblique bow wave (fig. 4(a)), and it is
distinguisheble from a regular normal shock in thaet there 1s not suffil-
cient fringe shift across it for it to have much spanwise extent. The
density Jump was not strong enough to be observed in a shadowgram
(fig. 4(b)). Apparently, the use of end gep weskened the tip disturb-
ances since in the interferogrems, & similsr intersction was cbserved
to be much wesker. (For example, see fig. 5(a).)

Four of the Intermediate orifices on the front surface were then
closed and new ones drilled on the reer. For an end gasp of 0.05 inch,
it was found that the end effects on the resr surface were practically
zero for all the angles of attack used.

By means of the reference wire, the deflection of the model caused
by the elastic deformation of the supporting struts wes measured on the
interferogrem and all angles of attack were corrected to the true angle.
The uncertainty in these measurements is estimated to he not more than
0.1°. For the 10-percent-thick wedge et M = 1.3 where the angle of
attack could be checked by means of the pressures measured at the ori-
fices on the front surface for a small range of angles of attack about
zero, the inaccuracy wes determined to be +0.03°.

RESULTS AND DISCUSSION

Flow Flelds

The interferograms of the flow about a 10-percent-thick double
wedge at a Mach number of 1.30 (go = 1.26) for thirteen angles of attack

from 5.00° to -5.50° are presented in figure 5, together with contours

of constant density ratio. The sonic line is sketched 1n its approximate
location and is represented by a dashed line on the figures. An inter-
ferogram of the flow taken with white-light is shown in figure 6 for
comparison with figure 5(a) teken with monochromatic light under other-
wise identical circumstances. The series of interferogrems in figure 5,
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shows the phenomens that take place as the dngle of attack of the wedge
1s changed from zero for the case when the free-stresm Mach number is
greater than the value required for completely supersonic flow over the
surface of the wedge at zero angle of attack (&, 2 1.18).

The most prominent features of these phenomens are as follows. At
some posltive value of o, the flow behlnd the shock weve on the lower
front surface becomes subsonic while the top remasins supersonic. At a
slightly larger angle, the shock wave becomes detached from the leading
edge. When detachment occurs (fig. 5(c)), the central streamline in the
subsonic reglon of the flow behind the bow wave becomes curved and
approaches the leading edge from below, the flow decreasing in velocity
until the stagnation point 1s reached. At this point the flow branches
and part continues rearwerd with lncreasing velocity toward the shoulder
where it reaches sonic speed. The other part flows up and forwerd, the
velocity increasing until it reaches the sonic value at or nesr the
leeding edge (fig. 5(3)). The behavior of the flow in the immediate
vicinity of the leading edge when the previously mentioned sonic lines
appear will not be described beyond making the statement that, whatever
occurs, it 1s generally agreed that on reaching the upper surface, the
flow separates and Immediately thereafter becomes resttached.

The flow, in becoming sttached to the upper surface of the leading
edge, 1ls caused to turn and flow along the upper surface by a shock wave
which is propageted outward. As was mentioned previously, this shock
wave was weak for the Mach number and angles used herein. The total-
pressure loss of the flow that traverses the shock wave at the model
could not be detected by sny total-pressure measurements. Incaming com-
pressions, which are reflections from the outgolng sonic line of super-
sonic expansions from the leading edge, strike the solid surface behind
the shock wave and are reflected es compressions, effecting a drop in
Mach mumber along the surfece and combining with the outgoing shock wave
so that it curves forward. o

It can be demonstrated that the sonic line that occurs at the shoul-
der of the wedge should leave the shoulder normal to the forward surface
of the profile. Inspection of the interferograms of figures 5(b) to 5(f)
shows that in actuality this phenomenon does not occur and that the angle
between the tengent to the sonic line at the wedge surface and the front
surface is noticeably different from 900. It 1s posgsible thet this devi-
atlion is due to lack of resolution; however, it 1s more likely due to
curvature of the effective profile inasmuch as a boundary layer would
have the effect of rounding off the surface at the corner.,

When the stream Mach number 1s less thsn the minimum needed for
completely supersonic flow over the wedge surface (go <1.18, M= 1.3),

the sequence of events that occurs as the angle of attack 1s varied
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from O° is slightly different. Since the reglion behind the shock wave
is subsonic at zero angle of attack, a small increase in a results in
the flow expanding around the leading edge in a manner similar to the
foregoing cese of E4 = 1.26 with the asngle of attack great enough for

detactment. In the beginning, however, the supersonic region that devel-
ops at the leading edge is completely surrounded by subsonic flow and,
as a consequence, the supersonic flow must be terminated by a normal
shock wave. Although it might seem, at least at smell angles of attack,
that this normal shock would tend to dominate the flow pattern and cause
a large change in the pressure distribution as compared with the case

of the wedge at a slightly higher Mach number, the fact that such is

not the cese wlll be shown. It might seem that, as the angle of attack
was further increased and the dimensions of the imbedded supersonic
region incressed, the flow would eventually sppear similar to the flow
for go = 1,26 at a large angle of attack. This 1s shown to be true

by the interferograms 1in figure 7.

The interferograms of the flow sbout a 14.2-percent-thick double-
wedge sirfoll at a Mach number of 1.30 (50 = l.OO) are presented in
figure 7 for eleven angles of attack from 4.25° to -4.80°. No density
contours are plotted in the figures. The changes in the flow phenomena
doc not appear to be as severe as might be imagined. The imbedded super-
sonic regions at the leadlng edge are microscopic. For values of g
near the attachment value and small angles of attack, the effects of
this supersonlc region on the surface pressure distributions can safely
be ignored - as was done in the theoretical analyses of the problem in
references 4 and 5.

Interferograms of the flow sbout a 1k.2-percent-thick double-wedge
airfoil at a Mach number of L.41 (go = 1.28) are presented in figure 8

for comparison with the interferograms in figure 5 (go = 1.26). The
phenomena exhibited in both figures are similar.

Surface Pressure and Mach Number Distributions

Surface pressure end Mach number distributions are presented in
flgures § and 10, respectlively, for the lower front and rear surfaces
of the sirfoils at positlive and negative angles of attack. Between
values of x/c of approximately 0.42 and 0.55, the dsta points of some
of the curves lie so close together as to overlsp. These points have
been omlitted from the figures so that the curves cen be more easily
followed. As &a check on the reproducibility of the results, three or
more interferograms were evaluated for each angle of attack of the wedge
at Es = 1.26. Only negligibly small variations in the pressure distri-

butions measured on & given wedge at the same angle of attack were found;
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these small varistions showed that the results were reproducible and
contalned no random errors.

A check on the spplicebility of small-disturbence theory lies in
the use of the tramsonic simllerity laws to compare the cheracterlstics
of different wedges at different Mach numbers with each other and with
the theoretical results {(refs. 4, 5, and 10). Since the similarity
rules sre based on the equatlons of smell-disturbance theory, they are
therefore of the same order of approximation snd amy correlation of the
results of experiments by means of the simllerity rules would also infer
the validity of the baslic equations. The present data are presented in
the form prescribed by the similerity laws for comparison with each
other and with other availsble data, except where deviations from the
rule seem prudent. The reasons for such deviations will be discussed
whenever they occur.

Chordwise pressure distributions written in generalized form are
compasred in figure 11 for neerly identical values of & for some of the
interferogrems of figure 5 (g, = 1.26) and figure 8 (go = 1.28). Reason~
eble agreement, particularly for these thick airfoils, 1s seen to exist
between the pressure distributions for condlitions where the similerity
theory predicts that the pressure distributions should sgree.

In figure 12 a compearison of the theoretical pressure distributions
due to small-disturbance theory for a lifting wedge as obtalned from
references 4 and 10 (£, = 1.058) is made with the present data (£, = 1.00).

Although this compsrison is not an exact application of the similarity
laws, that it is & reasoneble one 1s based on the following argument.
The value of ¢t  given by the small-disturbance theory for the shock-

attaclment condition is 1.191. However, the precise value of ty, for

shock sttachment for a 14.2-percent-thick wedge at a Mach number of 1.31
is 1.135. Since the theoretical results for g, = 1.058 are for thin

airfolls, 1t was thought that for a thick alrfoll a more nesrly correct
value of £, for comperison with the. small-disturbance theory might be

proportionately smaller than 1.058 by the ratio of 1.135:1.191, or
o = 1.0lL. In the present results shown in figure 12, the data polnts

have been omitted for the seke of clarity.

The agreement between the pressure distributions of experiment and
theory shown in figure 12 is poor. The greatest disagreement occure on
the lower front surface at zero angle of sttack, but there is consider-
gble improvement as the angle is incressed. At angles of attack near
zero, the experimental pressures on the lowel fronmt surface for both
positive end negative angles of attack are higher than theory predicts.
Part of thls difference can be attributed to the displacement effect
of the boundary layer as has been discussed in references 1 and 12. At
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an angle of attack of 2.05°, the theory predicts accurately the measured
pressure distribution over the front surface, the measured pressures

on the upper surface remsining high as compared with theory. At L. 25 3
however, the thecretical pressures became larger than the measured values.
At -2.500, for the region of the alrfoll surface lmmediately behind the
leading edge, it appears that the theory does not take adequate account
of the supersonic expension eround the leading edge; at -4.80°, the
reverse 1s true, and the theory eppears to indicate that there should

be more compressions incident on the surface than are actually measured.
Actually, the theory neglects this expansion completely and what is shown
in figure 12 is the magnitude of the error caused by this omission.

Over the rear portion of the front surface (discounting the corner
effect which is in evidence at all angles of attack), the theoretical
solution 1s again at variance with the experimental dsta, the discrep-
ancy belng reversed in sign between -2. 50° and -4.80°. This discrepancy
is due to the requirement of the theory that the flow go to sonic veloclty
at the shoulder at all engles of attack. Actually, the flow does not go
to sonic velocity at large negative angles since, because of the super-
sonlic expansion at the leadlng edge, the Mach munber on the front surface
is well above 1.0.

Over the rear half of the model the measured pressures were higher
than the theoretical pressures, with the possible exception of the
-4, 80° angle of attack; this indicates that the boundary layer over the
rear surface has a tendency to decrease the amount of turning of the
flow at the corner as compeared with the actual surface angle availilable
for an expansion. The overall range of varlation is guite small, how-
ever, when compered with the poor agreement of the pressures on the
front wedge with theory. Viscous effects also appear on the rear sur-
face but these, like the corner effect, are quite consistent and their
net effect on the 1lift is believed to be of minor importence at small
angles of attack.

Figure 12 shows that the flow violates an assumption used in
extending the small-disturbance theory to the range of angles of attack
shown in figure 12; this assumptlon is that the value of dcp/&m is

constant at the value computed for o-—>0. Fram a theoretical standpoint,
as has been shown in reference 16, difficulty such as this may be antici-
pated whenever the airfoil is at a Mach number such that local reglons

of near sonic velocity occur on its surface. ILocal regions of near gonlc
flow on an airfoill are very sensitive to small disturbances; thils sensi-
tivity glves rise to nonlinesr pressure variations.

In order that these data might be compared with some of the wealth
of experimental and theoretical data avaeileble concerning double-wedge
airfoils under conditions of zero 1ift, the pressure distributions for
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Eo = 1.00 were interpolaeted to zero angle of attack and plotted in gen-
eralized form in figure 13, along with data obtained from references 1,
10, and 12. In generel, there seems to be better sgreement between the
present deta and other experimentel data than between the present data
and the smell-disturbance theory of reference 10. This dissgreement
with theory is probably due to boundary-layer effects, as has already -
been suggested. The effects of the boundary leyer rounding off the
shoulder and the pressure rise at the tralling edge due to the proximity
of the terminal shock are readily spparent. However, the effect of the
terminal shock on the pressure distribution is varigble and seems to be
influenced by the Reynolds number. This fact 1s borne out by flgure 13
where the shock-wave——boundary-layer effect at the trailing edge is less
for the present date (R = 840,000) than for the data of reference 1

(R = 540,000).

1ift, Dreg, and Pitching Moment

Iift and drag coefficlents were obtalned by integration of the pres-
sure distributions, and the results are plotted sgainst angle of attack
in figure 14. These plots indicate that the 1lift coefficient, with the
exception of minor deviations, 1s a roughly linesr function of angle of
attack for the range fram -2° to 2°. The retioc of lift to drag is plotted
against angle of attack in figure 15. ' o

In reference 8, it is shown theoretically that for the angle-of-
attack range 1in which the 1ift coefficient varles linearly with angle of
attack, the drag due to 1ift should be proportional to the square of the
1ift coefficlent. The square of the 1ift coefficlient is plotted ageinst
drag due to lift in figure 16 and these curves show good sgreement with
the theory of reference 8 with the exception of the data for the wedge st
£c = 1.00 which shows substantial divergence from a linear variation.

However, after consideration of the date and discussion of figure 12,
this divergence is not surprising.

The generalized lift-curve slope %z/m for small angles of attack
is plotted as & function of transonic similarity peremeter go in fig-

ure 17 and compared with the resulits of small-disturbance theory (refs. k,
5, and 17), the results of shock-expension theory for the case of com-
pletely supersonic flow over the surface of a relatively thick wedge

(¢; 2 1.186), end the experimental results of reference 1. The most con-

splcuocus feature of figure 17 is as follows: For values of Ec larger

then 1.186, there is good agreement between the present data, previous
experimental results, and shock-expansion theory. None of these results
appear to agree very well with small-disturbance theory, however, and
this is believed to be due to the fallure of the similarity rules to
correlate satisfectorily both thick and thin asirfolls at values of ¢,
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near shock asttachment. By referring to figure 1, where the detached-
shock condition has been plotted for different values of £, and Mg,

and by using the detachment condition as a criterion for similarity of
flow, it can be seen that thick airfolls are better compared with each
other by means of similarity laws than with airfoils of vanishingly
small thickness ratios, at least for values of £, in the neighborhood

of shock detachment. Provided the same adjustment is made in the val-
ues of ¢, for small-disturbance theory as was made for the data of

figure 12, it can then be sald that fair agreement exists between theory
and experiment at £, = 1.26 and 1.28. In contrast with this is the poor

agreement between theory and experiment at &, = 1.00 where the present

results are below both the other experimentsl data and the smalle
disturbance theory.

The curves obtained by small-disturbance theory in figure 17 show
two meximums in the 1lift-curve slope. The higher one occurs in the region
of shock detachment (io = 1.191) and the other occurs in the region of
sonic velocity on the front wedge (go = 1.26). The question has arisen
as to whether these maximums or less severe varietions actually occur
because of viscous effects or for other reasons. The data from refer-
ence 1 indicate that there is a possibility that the variatlons are not
as severe and that the magnitude of the rise is much less than indicated
by theory. However, the present data as plotted in figure 17 show that,
for values of &, as low as 1.26, both the thick-airfoll theory and the
adjusted small-disturbance theory predict the lift-curve slope reasonably
well.

In addition to these results for zero angle of attack, figure 17
also shows the lift-curve slope at an angle of attack of 4.50 for the
present data. These data are below those shown for zero angle of attack
because the curve of c¢; sagainst o 1s nonlinear at the higher angles

of attack.

Another interesting quantity is the location of the center of pres-
sure at small angles of attack. This quantity wes obteined by plotting
the location of the center of pressure for the lower surface against
engle of attack and determining ite positions as o —>0. The center-of-
pressure location for the lower surface was a much steadier quentity
than the location of the center of pressure for the camplete profile.
Figure 18 presents the variation of both of these quantities with angle
of attack. If the chordwise lift-distribution variation with angle of
attack 1s linear, so are the 1ift coefficlent and the moment. The center
of pressure of the complete profile is thus independent of angle of
attack. Theoretically, when the flow over the front wedge is Just sonie
(end o«-—0), the 1ift contributed by the rear wedge is zero (ref. k)
and therefore the center of pressure is at the quearter-chord point.
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Actually, because of the interaction of the trailing-edge shock with the
boundary layer and because of the rounding off of the shoulder by the
boundary leyer, the position might be farther back. For the range of
Reynolds numbers used, the true position appears to be in the neighborhood
of 0.3c and appears to be nearly independent. of angle of sttack. The o
variation of this position 1s not more than +3 percent chord for fo = 1.28

and 1.26, and 16 percent chord for tEo = L.00.

The location of the center of pressure for small angles of attack
is plotted as a function of the transonic similarity parameter Ec in
figure 19 and compared with the theoretical results of references 4, 5,
and 17, and with the experimental resulis of reference 1. If the same
adjustment is mede in values of E, for small-disturbance theory 85 wes
done for figure 12, it could be said that much better agreement exists
between these data at £, = 1.26 and 1.28 and small-disturbance theory

than between these data and the results of reference 1. At Eo = 1.00

the present results are above both the other experimentsl data snd the
results indicated by the small-disturbance theory. o

A plot of the variation of the moment coefficient sghout the quarter-
chord point with angle of attack is presented in figure 20 for both
airfolls.

CONCLUDING REMARKS

The flow fields around two-dimensional symmetrical double-wedge
airfoils of 10~ and 14.2-percent thickness heve been observed at engles
of attack up to 5° with an interferometer for Mach numbers of 1.30 and
1.41., Pressure distributions for the wedges tested at Mach numbers sbove
the detachment Mach number showed good correlation, within the framework
of the similarity laws, with each other and with experimental data for
the range of engles of attack used in this investigation. Poor corre-
lation was found between these dsta and small-dlsturbance theory for these
seme Mach numbers. It was found that the difference between the results
for small-disturbance theory and airfolls of*-substantial thickness is due
principally to the varilation of-the tremsornic simillarity-parsmeter Eo
with thickness ratio for simllar asirflows. By a slight adjustment of Eos
these differences ¢an be substantially reduced. Comparisons were also
mede of the 1lift-curve slope and position of center of pressure, for small
angles of attack, with the data of other investligations, with shock- ~
expansion theory for thick airfoils, and with the adjusted small-disturbance
theory. These comparlsons showed satisfactory sagreement. '
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Comparisons made between the pressure distributions of thils experi-
ment at Mach numbers below the detachment Mach number and other theoret-
lcal and experimental investigatlions were not so satisfactory. In gen-
eral, the agreement between these date and other experimental datas is
better than between these data and small-disturbance theory. These dif-
ferences were reflected in the poor agreement exhibited by the section
lift-curve slopes and the center-of-pressure positions.

It was found that the 1ift coefficlent is proportional to the angle
of attack for a range of angles of attack from -2° to 2° for all cambi-
nations of airfoll and Mach number. The center~of-pressure position was
found to be nearly independent of angle of attack for two of the cambi-
nations tested (go = 1.28 and 1.26), not varying more than %3 percent

chord from 1ts position at smell angles of attack. For the third combi-
nation (go = l.OO), the center-of-pressure position was found to be only

roughly independent of the angle of attack, the veristion being 6 per-
cent chord.

Langley Aeronautical Leborstory,
National Advisory Committee for Aeronautics,
Langley Field, Va., December 9, 1955.
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